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TEMPERATURE RECOVERY FACTORS ON A SLENDER 12° 
CONE-CYLINDER AT MACH NUMBERS FROM 3 .O TO 
6.3 AND ANGLES OF ATTACK UP TO 45° 

By John 0. Reller, Jr., and Frank M. Hamaker 

SUMMARY 


Recovery temperatures were measured on a slender cone -cylinder^ having 
a 12*^ vertex angle and a 1,25-inch-diameter cylinder, at Mach numbers from 
3.02 to 6 . 30 . The angle-of -attack range was 0^ to at Mach numbers up 
to 3 . 50 , 0^ to 25 ° at Mach number 4,23, and 0^ to 15 ^ at Mach numbers from 
5.04 to 6 , 30 , The free- stream Reynolds numbers varied from 1,8x10® to 
11,0X10® per foot, A transverse cylinder of the same diameter was also 
tested at 3.02 Mach number. At angles of attack up to 10^, the tempera- 
ture distribution varied in a complex manner apparently in response to 
changes in the location and extent of the boundary- layer transition region. 
For larger angles, the effects of adiabatic compression and flow separation 
became prominent; resultant recovery factors based on free- stream condi- 
tions ranged from 6 percent above to 7 percent below those measured at zero 
angle of attack, A circumferential recovery-temperature pattern similar 
to that for a transverse cylinder was developed on the cylindrical after- 
body at angles of attack greater than 25^. In the high Reynolds number 
range of this investigation, the average recovery factor (based on free- 
stream conditions) for the entire surface did not exceed that for zero 
angle of attack by more than 1 percent for angles of attack up to 35 ^. 

Recovery factors based on local stream conditions for laminar 
boundary- layer flow, at zero angle of attack, were in agreement with the 
square root of the Prandtl number based on wall temperature, while for 
turbulent flow the cube root of the Prandtl mmiber established an upper 
limit. Compared to the predictions of Van Driest, Young and Janssen, and 
Tucker and Maslen, the laminar boundary- layer data at Mach numbers greater 
than 4 were about 1 percent low and the turbulent boundary- layer data were 
high by about the same percentage. With increasing angle of attack, recov- 
ery factors (based on local flow conditions) on the windward meridian of 
the conical nose gradually decreased, dropping at 45^ to as much as 6 per- 
cent below the zero-angle-of -attack value. No significant variation of 
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recovery factor with either Mach momher or Reynolds mmber was observed, 
in regions of either laminar or turbulent boundary- layer flow, for the 
range of conditions of this investigation. 


INTRODUCTION 

Aerodynamic heating is one of the foremost considerations in the 
design of aircraft for flight at high supersonic speeds. The recovery 
temperature is a controlling factor in the heating phenomenon since the 
rate of heat transfer is proportional to the difference between this 
temperature and the actual surface temperature. The prediction of recov- 
ery temperatures for a body of revolution at angle of attack is of par- 
ticular interest because this shape often constitutes a major component 
of supersonic aircraft. At present there is little theoretical infor- 
mation on this problem, and existing experimental data (refs. 1 and 2) 
are available only over a limited Mach mxmber and angle-of -attack range. 

The pui*pose of this investigation is, then, to provide experimental 
values of temperature recovery factors on a slender body of revolution at 
angles of attack from zero to and at Mach numbers from 3.0 "to 6.3. 
Experimental recovery-factor data for the limiting case of a cylinder 
inclined 90^ to the flow are also presented. The more significant results 
of the investigation are discussed briefly and, with the aid of several 
flow visualization methods, are related to boundary- layer phenomena. 


NOTATION 


a 

Cp 

g 

k 

M 

N 

Npr 


speed of sound, ft/sec 

surface pressure coefficient, dimensionless 

^00 

constant-pressure specific heat, BTU per pound, °F 
acceleration of gravity, ft/sec^ 

coefficient of thermal conductivity, BTU per second, sq ft, °F/ft 


Mach number, — , dimensionless 
a 

reciprocal of exponent defining boundary- layer velocity profile, 
dimensionless 


Prandtl number. 


gCpP 


, dimensionless 
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static pressiire, Ib/sq ft 
stagnation pressure, Ib/sq ft 


dynamic pressure, Ib/sq ft 


Reynolds number. 


^ooPocj^ 


, dimensionless 


surface area of model, sq ft 
absolute temperature, °R 
resultant velocity, ft/sec 

distance along surface measured from model tip, in. 
angle of attack, deg 


temperature recovery factor. 


Te - T 
Tt - 


dimensionless 


average recovery factor for entire model surface, %^oo 

dimensionless 

circumferential angle measured from windward meridian line, deg 
absolute viscosity, Ib-sec/sq ft 
mass density, slugs/cu ft 


Subscripts 


stagnation condition 

free- stream condition at a location in the test section corre- 
sponding to the midpoint of a test model 

local condition adjacent to the body at the outer edge of the 
boundary layer 

local condition at the surface of an insulated body in thermal 
equilibrium 
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EQUIPMENT AND TEST PROCEDURE 
Wind Tunnel and Auxiliary Equipment 


The experimental data of this investigation were obtained in the Ames 
10- by l4-inch supersonic wind tunnel at Mach numbers from 3*0 to 6.3- 
This tunnel is supplied with dry air at pressures up to 6 atmospheres abso- 
lute. At Mach numbers above 4.2 the supply air is heated to prevent air 
condensation in the test section. Details of the construction, operating 
range, and calibration of the wind tunnel may be found in reference 3* 

A center-of-curvature-type schlieren apparatus and a simple shadow- 
graph system were used interchangeably to make visual studies of the flow 
about models. Additional visual evidence was obtained with the vapor- 
screen technique described in reference 4 and the china-clay method 
(ref. 5). 


Test Bodies and Instrumentation 


The basic body of this investigation was a 12^ included angle cone- 
cylinder combination of over-all fineness ratio 12. This shape was chosen 
because it is relatively simple, hence enabling some comparison between 
theory and experiment. Temperatures and pressures were measured with 
separate models. A cylinder with a length-to-diameter ratio of 5"T/2 was 
used to obtain temperature data in the limiting case of 90 ^ angle of 
attack. 

Temperature models and measuring equipment .- The recovery temperature 
was measured on a model of the basic body made of a free -machining stain- 
less steel. Except for an inaccessible region near the tip and a support 
adapter at the base, the wall thickness was a uniform 0.025 inch. With 
this thin wall, the heat capacity of the model and the heat conduction 
within the shell were minimized. Thirty copper -const ant an duplex thermo- 
couple wires were soldered into holes through the siirface in a plane 
passing through the axis of symmetry (meridian plane) as shown in fig- 
ure l(a). The outer surface of the model was then polished to a finish 
of about 10 microinches. A thin layer (< O.OOO 5 inch) of hard chromium 
was electroplated on the surface and the model was again polished to the 
same finish. The result was a highly polished and durable surface (see 
fig. 2 ). 

The cylinder model had a shell thickness of O.OI 3 inch (see figs. l(b) 
and 2 ) and was constructed in the same manner as the cone-cylinder. 
Twenty-four thermocouples were distributed along two opposing elements of 
the cylinder and in two circimiferential planes as shown in figure l(b). 
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The output voltages of all model thermocouples were measured on a record- 
ing, self-balancing potentiometer. 

The cone-cylinder model was supported from the base by various double- 
bent stings which positioned the midpoint of the model on the wind-tunnel 
center line at approximately the same axial station for all angles of 
attack. The crossflow cylinder was held at both ends in a forklike sup- 
port. Typical support assemblies are shown in figure 3* 

Reservoir temperatures were indicated by 19 copper- constantan thermo- 
couples distributed, in one plane, over the cross-section area of the 
wind-tunnel settling chamber. Output voltages of these thermocouples were 
measured on an indicating, self-balancing potentiometer. 

To evaluate the effect on test- section total temperature of heat 
transfer at Mach numbers 5*0 and 6.3 from the heated air stream to the 
tunnel walls, especially in the vicinity of the minimum section, a shielded 
total temperature probe similar to that of reference 6 was used. The body 
of the probe was stainless steel, while the hemispherical support was 
micarta and the thermocouple lead was temperature-insulated. Thennocouple 
voltage was measured with a manually operated precision potentiometer. No 
effect of heat transfer on test-section total temperature was indicated, 
there being negligible difference between the measured total temperature 
and the average reservoir temperature. 

Pressure model and measuring equipment .- The surface pressures were 
measured on a model of the cone-cylinder similar in constinction to that 
used for the temperature measurements. Wall thickness was a unifonn 0.025 
inch, and thirty 0.040-inch-diameter pressure orifices were spaced along 
opposite meridian lines in the same locations as shown in figure l(a) . 
Pressures above 7 centimeters of mercury were measured on conventional 
U-tube mercury manometers, while lower pressures were measTired with McLeod 
type mercury manometers. Reservoir pressure was measured with a sensitive 
Bourdon type pressiire gage; static and dynamic pressures in the test sec- 
tion were determined from wind-tunnel calibration data and the reservoir 
pressure. 

Pressures were not measured on the transverse cylinder inasmuch as 
representative data were obtainable from other sources (see, e.g., ref. 7)* 


Test Procedure 


Model surface temperatures at each test condition were continuously 
recorded until the difference between successive readings for all thermo- 
couples was equal to or less than the repeatability of the recording 
equipment. At this time several sets of equilibrium data were taken. 
Likewise, model surface pressures were observed at short intervals of 
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time until the difference between successive readings was within the 
measuring accuracy. Equilibrium pressures were then recorded. 

Data were obtained in several meridian planes by rotating the test 
model relative to its support. Wind-tunnel flow blockage was the limit- 
ing factor in high angle of attack^ high Mach number operation. Data 
were obtained at angles of attack up to 15^ for all test Mach numbers, 
up to 25^ for Mach numbers of 3.02 through 4.23, and up to 45^ for Mach 
numbers of 3*02 and 3-50 only. Testing of the 90^ crossflow cylinder was 
restricted to Moo = 3*02. Free- stream Reynolds numbers varied from 1.8x10® 
to 11.0x10® per foot. A summary of the test conditions for models with 
polished surfaces is given in tables I and II. 

Limited temperature data were obtained with the cone-cylinder model 
for two types of surface roughness, one type being a distributed roughness 
of the order of O.OOO3 inch in height and the other a localized roughness 
consisting of two 0.020-inch-diameter wire rings (l/4-inch spacing) about 
1/2 inch from the tip of the model. 


INTERPRETATION AND ACCURACY OF TEST RESULTS 
Interpretation of Visual Evidence 


Spark shadowgraph pictures (5-microseconds exposure) were taken in 
the 0 = 0® and I80®, and 90^ sind 270®, planes to aid in the analysis of 
the surface temperature and pressure measurements. Boundary- layer con- 
dition, whether laminar or turbulent, and the approximate location of the 
transition region were determined from these pictures. Although some evi- 
dence of the character of flow in separated regions could also be deduced, 
better definition of separated flow was obtained in a similar set of 
schlieren photographs (6-milliseconds exposure). To provide additional 
information on the region of separated flow, two other visual methods, the 
vapor- screen technique and the china-clay method, were employed. 


Reduction of Temperature Data 


The measured surface temperatures are presented in the form of temper- 
ature recovery factors based on either free- stream or local flow condi- 
tions. Preference is given to recovery factors based on free- stream con- 
Te — Too 

ditions, T]p = , since they provide a direct measure of surface 

^ Tf - Tj^ 

temperatures in separated as well as nonseparated flow regions and are 
not influenced by the errors inherent in the determination of local flow 
conditions. The assumption is made that surface temperatures are essen- 
tially the same as would exist on a perfectly insulated body in thermal 
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equilibrium. Deviations from this assumed condition are discussed in the 

Te - 

section on accuracy of results. Local recovery factors, = ij ; — - q} > 

t Z 

are used primarily to evaluate the effect of angle of attack on local 
boundary-layer temperature conditions in regions of nonseparated flow and 
to provide a basis for comparison of the data of these tests with those 
of previous investigations. 

The determination of local recovery factor requires a knowledge of 
local Mach number. Local Mach nimibers around the conical nose were deter- 
mined by the following method: The ratio of stagnation pressures across 

the nose shock wave in the 0=0° plane was calculated from a measurement 
of the shock-wave angle taken from a shadowgraph picture. This ratio was 
used in conjunction with the measured wind-tunnel stagnation pressure and 
STirface static pressures to calculate the local Mach number distribution. ^ 
This method is known to be applicable in regions of nonseparated flow. 


Reduction of Pressure Data 


Surface pressure measurements are presented in the form of pressure 
coefficients where free-stream static and dynamic pressures were taken 
from the wind-tunnel calibration data (ref. 3)* The free-stream static 
pressure used was that of the undisturbed stream at the location of the 
model surface press\ire orifice, while the dynamic pressure corresponded 
to the undisturbed stream value at the location of the midpoint of the 
model. 


Accuracy of Test Results 


The model support system was calibrated for deflection by applying 
static loads to simulate estimated lift forces. The resultant uncertainty 
in angle of attack is estimated to be ±0.1°. The longitudinal location 
of the boundary- layer transition region from shadowgraph pictures gener- 
ally is known within ±l/2 inch, while the location of separation by the 
china-clay method is estimated with an absolute error in circumferential 
angle of less than ±8°. 

Model surface pressures and wind-tunnel stagnation press\rres were 
measured with an error of less than ±1 percent, while free-stream static 
and dynamic pressures (from wind-tunnel calibration data) are of similar 
precision. A small additi onal uncertainty is inherent in the pressure 

^his calculation derives from the fact that for this body the entropy 
on the surface Just outside the bomdary- layer is essentially constant and 
equal to the entropy in the plane 0 = 0° (see, e.g., ref. 8). 
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data, since no correction was made for stream angle or Mach mmiber gra- 
dients in the test region. As a result, the estimated error in pressure 
coefficient varies with the magnitude of the measured surface pressure 
and, to a lesser extent, with the free-stream Mach ninnher. Thus, in the 
vicinity of the highest measured surface pressures (high angles of attack 
in the low Mach number range) , the probable error in pressure coefficient 
for all test conditions does not exceed tO.Olh. The corresponding error 
in the low pressure range is ±0.00^+. These values are in general somewhat 
high since with increasing free-stream Mach number the probable error 
decreases to about half the foregoing estimates. 

The precision of the calculated local Mach number is dependent on the 
accuracy of both surface-pressure and shock-wave- angle measurement. On 
this basis the probable error in local Mach number is ±0.03. 

The accuracy of recovery factors based on free-stream conditions is 
influenced by the variation of Mach number in the test section, the uni- 
formity and stability of settling- chamber temperatures, the precision with 
which temperature measiorements were made, and the local heat conduction 
through the model shell. The probable error in free-stream recovery factor 
from the first three sources is ±0.3 percent. The effect of shell conduc- 
tion on the accuracy of free-stream recovery factors will, in all likeli- 
hood, be most pronounced in those areas where aerodynamic heat-transfer 
rates are relatively low. A numerical analysis of the conduction effect 
in regions of low velocity flow (low heat-transfer rates), such as near the 
0=0^ meridian at high angles of attack and in separated flow, indicated 
that the most critical locations are those where large changes of tempera- 
ture gradient occur and where temperatures are at a maximum or minimum. 
Thus, the most severe case encountered in this investigation was in the 
vicinity of the stagnation point on the transverse cylinder. At this 
location the experimental data, which are in good agreement with the 
results of the numerical analysis, indicate a conduction error of about 
1.2 percent (the deviation from T]p ^ = l.OO) in the meas\ired recovery 
factor. Similarly, the substantial temperature gradient changes that 
occur on the cone-cylinder model at a > 15 ^ can introduce errors of 
almost 1 percent in the vicinity of the 0=0^ meridian. The estimated 
errors at smaller angles of attack and in separated flow regions are less 
than 1/2 percent as the result of shell conduction. Thus, while in certain 
localized regions free-stream recovery factors may be subject to a probable 
error from all sources of about 1 percent, in general, the probable error 
is about 1/2 percent. 

Recovery factors based on local flow conditions are subject to an 
additional error in the determination of the local Mach mmiber. However, 
it is demonstrated in figure h that a sizable relative error in local 
Mach number will reflect a small relative error in local recovery factor, 
and further, that this error is reduced as the Mach number increases. The 
effect of shell conduction on local recovery factors is also illustrated 
in figure k where it is seen that errors can be sizable in localized 
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regions of maximum or minimum temperatures. Except for this shell conduc- 
tion error at large angles of attack^ the probable error in local recovery 
factor is less than ±1 percent. 


PRESENTATION OF RESULTS 
Visual Evidence 


The photographs presented in figures 5 through 8, for Moo = 3-02, are 
representative of the results obtained with the four flow-visualization 
methods used in this investigation. Figure 5 is a group of shadowgraph 
pictures which shows the location of boundary- layer transition in the 
0=0^ and l80^ plane on the cone-cylinder model. Figure 6 is a similar 
group of schlieren photographs which illustrates the character of flow 
separation regions. The circumferential location of the flow- separation 
line is seen in the china-clay photographs of figure 7^ while the vapor- 
screen photographs of figure 8 show flow separation in a plane perpendicu- 
lar to the wind-tunnel axis. Note that parts (a) through (c) of figure 8 
are photographs of the flow taken from a downstream location, while 
part (d) is a view from an upstream position. 

Temperature Distributions 


The main body of recovery temperature data is presented in figures 9 
through 13 as a function of longitudinal and circumferential position on 
the model. Unless otherwise stated, all the data shown in these and the 
subsequent figures are for the basic cone-cylinder shape and are based on 
free-stream conditions. Figures 9 a^ad 10 show the longitudinal variation 
of free-stream recovery factor on the 0=0^ and l80^ meridian lines for 
all Mach numbers over the angle-of -attack range (to retain clarity, the 
data at large angles of attack are shown separately in fig. lO) . Repre- 
sentative variations of along other meridians are shown in fig- 

ure 11, while circumferential distributions of ^ at selected cross 
sections appear in figure 12. (it will be noted that fig. 12 presents 
data which are not shown in fig. 11.) The results for the transverse 
cylinder are plotted in figure 13 . 

Figures 1^]-, I 5 , and I 6 illustrate some effects of stream Reynolds 
number and Mach number on recovery factor, and figure I 7 shows the effect 
of model surface finish and isolated roughness elements on recovery factor. 


Pressure Distributions 


Representative pressure data are shown in figures I 8 and I 9 for the 
cone-cylinder model at a free stream Mach number of 3*02. Pressure 
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coefficient is given as a function of Q both on the cone and at the mid- 
point of the cylindrical afterbody for angles of attack up to 2^^ . Com- 
parison is made vith the second-order theory of Stone (refs. 9 through 12) 
and the inclined-body approximation of Allen (ref. 4). 


Summary Figures 


Figure 20 presents the location of the end of boundary- layer transi- 
tion as a function of angle of attack at Mach numbers from 3-02 to U.23. 
Two independent sets of data are shown on the figure; one set was obtained 
from the longitudinal recovery-factor patterns of figures 9 and 10, while 
the other was taken from a series of shadowgraph pictures similar to 
those of figure 5- No curves have been faired through the data, since 
this figure is used only to illustrate general trends. Figure 21 presents 
the estimated circumferential angle of flow separation at the midpoint of 
the cylindrical afterbody as a function of angle of attack. This infor- 
mation provides the basis for a qualitative correlation of temperature- 
distribution patterns with flow separation. Separation points were deter- 
mined from china-clay photographs similar to those of figure 7 from 
surface -pres sure distributions. The latter data are the result of com- 
parisons between experimental and theoretical pressure distributions as 
illustrated, for example, by figures l8 and 19- Specifically, a deviation 
of the e:xperimental trend from the trend of the theoretical curve (i.e., a 
decreasing rate of lee-side pressure recovery) was assumed to indicate the 
approximate location of flow separation. 

Recovery factors at two axial locations, one on the cone and one on 
the cylindrical afterbody, are shown as a function of angle of attack in 
figure 22, while in figure 23 an average recovery factor (area-weighted 
average for entire surface) is presented. 

The variation of local Mach number on the cone with angle of attack 
and circumferential location is given in figure 2k for a free- stream Mach 
number of 3.50. Local Mach numbers computed from surface pressures and 
nose shock-wave measurements are compared with those predicted by the 
Stone theory. 

Recovery factors based on local stream conditions are given in fig- 
ures l6, 25, and 26. Figure I6 shows the variation of local recovery 
factor with axial location on the model, at zero angle of attack, for 
regions of laminar -boundary- layer flow. In figure 25 , local recovery 
factor on the cone is plotted as a function of angle of attack and cir- 
cumferential location for M^o = 3-50. Local Mach number is the independ- 
ent variable in figure 26, where the zero-angle-of-attack data of this 
investigation are compared with theoretical predictions. 
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DISCUSSION OF RESULTS 


Recovery temperature is obtained on an insulated surface when a 
balance is reached between the generation of heat, due to viscous dissi- 
pation and compression of air, and the removal of heat by conduction and 
convection within the boundary layer. (Radiant heat transfer is presumed 
negligible.) It might be expected, then, that the recovery temperature 
would be considerably altered by large boundary- layer changes such as 
occur over the angle-of -attack range of this investigation. The tempera- 
ture recovery factors did, in fact, vary substantially with angle of 
attack, exhibiting a behavior that was apparently a response to several 
distinct phenomena. In the following discussion consideration is given 
to some of these phenomena. 


Recovery Factors Based on Free-Stream Conditions 


Small angles of attack .- Temperature recovery factors on the forepart 
of the model at angles of attack from 1^ to 5^ markedly higher than at 
zero angle of attack as seen in figure 9« This result is rather surprising 
and to some extent the reasons for it are not \mder stood. It has been 
observed in previous investigations, however, that transition on the lee- 
ward side of a body moves forward with increasing angle of attack. This 
movement of transition is very likely due to the upwash of low-kinetic- 
energy boundary- layer air from the windward side. Although the data of 
this investigation show a similar forward movement of transition (see 
fig. 20) it is not at all clear that the effect of upwash could be so 
pronounced at small a, say 1° or 2^. The windward side recovery-factor 
rise is thought to be due, in part, to a forward movement of transition 
as a result of contamination from the lee- side turbulent boundary layer, 
with tiirbulence spreading circumferentially as it is washed downstream 
after the manner proposed in reference 13*^ (Note that the calculated 
effect of heat conduction through the model shell is much smaller than 
this observed recovery-factor rise.) Aside from the effect of transition 
movement, there is an apparent increase of recovery temperature in regions 
of predominantly laminar flow, as seen in figure 10(e) over the first 
6 inches of the model. A small portion of this increase could result, 

^Except for = 3.02, this effect is not seen in the transition data 
of figure 20, where the change in appearance of the boundary layer on 
shadowgraph pictures is compared, as to location, with the end of the tran- 
sition region determined from longitudinal recovery-factor distributions. 
The difference between the trend of figure 20 and that discussed here is 
attributed to the "stretching out" of the transition zone as mentioned in 
the next paragraph. For further discussion of transition see a later sec- 
tion entitled "Correlation of Temperature Patterns With Boundary-Layer 
Transition and Separation." 
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of course^ from the change in local Mach mmiber; the remainder is not 
understood. A similar behavior is shown by the data of reference 2. 

Coupled with this observed increase of recovery factor in the laminar 
region and the apparent for*ward movement of the start of transition is a 
considerable ’’stretching out” of the transition zone on the windward side 
of the body. This is most clearly shown in figure 9(c) where the change 
of slope of the curves and the rearward movement of the point of maximum 
recovery factor with increasing angle of attack can be seen. This delay 
of transition to fully turbulent flow probably results from the removal 
of low-kinetic -energy boundary- layer air from the vicinity of the 0 = 0 ^ 
meridian by the cross component of the flow. 

Large angles of attack .- As the angle of attack approaches 10°, there 
is a tendency for recovery factors along the windward side of the body to 
decrease (e.g., fig. 10(a)). This is attributed to a return to more nearly 
laminar flow as the influence of crossflow boundary- layer removal becomes 
more pronounced. As the angle is increased beyond 10°, recovery factors 
on the windward side begin to rise as a result of adiabatic compression. 

The recovery-factor distribution around the model follows no obvious 
pattern for angles of attack below 15 ^, because of the relatively large 
influence of transitional boundary- layer flow (see fig. 12). It will be 
noted, however, that in some cases lee- side recovery factors approaching 
the base of the model are as much as 0.02 to O.O 5 higher than the opposite 
side at a = 10 °. (in ref. 1 this effect was attributed to the proximity 
of vortex centers in the separated flow.) At angles of attack of about 
15 ° there appear circiimferential distributions in which the maximum recov- 
ery factor is on the windward meridian and the minimum is on the lee 
meridian of the model. For angles of attack above 25° these characteristic 
patterns evolve into a distribution similar to that obtained on the trans- 
verse cylinder, namely, that the minimum value occurs in the vicinity of 
the separation line as shown in figures 12 (a) and 12 (b). 

Figure 22 s umm arizes the variation of windward and leeward recovery 
factors with angles of attack to ^5°. To retain clarity, only representa- 
tive curves are shown. Recovery factors at angles of attack to 10^ are 
generally from 1 to 4 percent higher than those at the same location at 
a = 0°. As angle of attack is increased to 45^, windward- side recovery 
values rise to about O. 95 . In contrast, lee- side values reach minimums 
at a = 25 ° to 35 ° which are as much as 5 percent below those at a = 0 °, 
with a subsequent increase at larger angles of attack. 

For the limiting case of a = 90^ (see fig. I 3 ) ^ recoveiy factor of 
about 0.99 'W'as measured on the stagnation line (as shown earlier, shell 
conduction in this critical region caused the deviation from = l.OO) 

while a minimum of about O .89 occurred in the vicinity of 6 = 90^ • 

Although the lee- side values of the present investigation were considerably 
higher than those reported in reference 7 (respectively, 0.95 O .89 at 
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0 = 160 ^) ^ a significant difference between the two tests was the Reynolds 
number^ which was larger by a factor of 8 in the present investigation. 

The average recovery factors plotted in figure 23 are area-weighted 
values which summarize the effect of angle of attack on the temperature 
level of the entire body. 3 It is apparent that the variations previously 
discussed are of sufficient magnitude to affect the over-all trend. Thus, 
for angles of attack up to 10 ^, the effect of lee- side temperature rise 
disappears at Mach numbers above 3*50 (generally decreased Reynolds number) 
and the small-angle laminar-boundary- layer effect becomes predominant. 

For 10^ < a < 25^ there is a general decrease of average recovery factor 
which, in the low Mach mmiber range (high Reynolds nimiber) , results in 
minimum values which are less than the averages at a = 0 ^ and which do 
not exceed the zero-angle values for angles of attack up to 35 ^* 

Effect of Reynolds number and surface roughness .- The Reynolds mmiber 
effects encountered in this investigation were, in the main, evidenced by 
changes in the location and extent of the boundary- layer transition region. 
These effects were not confined to the windward side of the body but were, 
to a lesser extent, also shown in regions of separated flow on the lee 
side. In a sample comparison shown in figure l4, a reduction in Reynolds 
number from 11.0 to 4.2 million per foot lowered windward meridian recov- 
ery factors by about 2 to 4 percent, primarily as a result of the aft 
movement of the transition region. Corresponding leeward values dropped 
from 1 to 2 percent. This feature was also noted in the comparable 
transverse-cylinder data of figure 13 ^ mentioned in the previous sec- 
tion. Other effects of Reynolds number include a small decrease of recov- 
ery factor with length of run that was characteristic of both laminar and 
turbulent flow, and, as shown for example in figure I 5 , an increased length 
of run in the transition region in response to a reduction in stream 
Reynolds mmiber. The data also appear to show that, for laminar -boundary- 
layer flow, larger recovery-factor variations occurred in the low Reynolds 
number range of this investigation in response to Mach number changes. An 
example of this effect is presented in figure I 6 , where recovery factors 
on the forepart of the model show a pronounced Mach number response at 
R = 4.2 million per foot, compared to the small change at R = 8.6 million 
per foot. This could be due, in part, to a decrease of effective surface 
roughness as a result of increasing boundary- layer thickness with Mach 
number. Further investigation is necessary to establish the extent of 
this influence in low Reynolds number flows. 

The effect of surface roughness on recovery factor is shown in fig- 
ure 17 . The square symbols represent recovery factors for a surface with 
distributed roughness elements of the order of O.OOO 3 inch in height, 
while the diamond symbols are data for a localized roughness consisting 
of two 0.020-inch-diameter wire rings (l/4-inch spacing) located about 
1/2 inch from the tip of the model. Comparison of these results with th e 

^Angles of attack from 1^ to 4^ are omitted because of insufficient 
data. 
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daisa obtained with the polished surface shows ^ as expected, that roughness 
causes a forward movement of transition at both a = 0^ and 15^. The 
effects of roughness are similar for both 0^ and 15 ^ angle of attack, 
although the recovery-factor rise is somewhat less pronounced at a = 15 ^ 
for Moo = 4,23 and There are indications that roughness may lower 

recovery factors in turbulent regions, in particular as shown in fig- 
ure ITCs-) • It also tends to ”wash out” the distinctive sharp temperature 
rise normally associated with the transition region. An interesting fea- 
ture is noted in figures 17 (b) and (c), where the decrease of recovery 
factor for a short distance downstream of the localized roughness suggests 
that the disturbance introduced by the roughness is partially damped by 
the boundary layer and that transition is completed some distance down- 
stream. This behavior is in agreement with the experimental results 
reported in reference l4, where it is shown that roughness elements smaller 
than a critical size promote transition in regions downstream of the ele- 
ment location, rather than at the element. 


Correlation of Temperature Patterns With 
Boundary-Layer Transition and Separation 


The recovery temperatures on a body of revolution at angle of attack 
have been stated to be significantly dependent upon several characteristics 
of the boundary- layer flow. The location and extent of boundary- layer 
transition, the upwash of air of low kinetic energy from windward to lee- 
ward side, the location of the flow separation point, and the phenomena 
associated with the separated flow are several of the more important fea- 
tures that have been mentioned. The observed recovery-factor variations 
have been related to these features by the four flow- visualization methods. 

Boundary- layer transition .- For the most part, transition effects have 
been related to the observed temperature patterns in the previous discus- 
sion. The general trend of longitudinal transition location with angle of 
attack has, however, received only passing mention. Now, it is recognized 
that boundaiy- layer transition is not a stationary phenomenon; in fact, 
there is ample experimental evidence that it is a time -dependent composite 
of a large niimber of turbulent "bursts.” Consequently, the evidence of 
transition obtained from surface temperatures and shadowgraph pictures 
represents some average or most probable location of transition. It was 
found that at small to moderate angles of attack, a rough comparison could 
be made between the shadowgraph indication and that segment of the 
recovery- factor curve just aft of the peak value. Thus, in figure 20 
the location of transition is seen to move forward on the lee side and 
aft on the windward side with increasing angle of attack. At a greater 
than 10^ there is an apparent reversal of trend on the windward side, with 
transition (as defined herein) moving toward the nose. 


^A similar comparison of temperature data and schlieren photographs 
in reference l4 showed agreement at the location of the peak temperature. 
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There remains the possibility that these transition data are being 
influenced by the flow expansion at the shoulder, in a manner similar to 
that described in reference 15* It was found therein that a strong flow 
expansion (58° included angle cone-cylinder) resulted in the growth of a 
"new" laminar boundary layer behind the juncture. However, from examina- 
tion of the present data it is apparent that the relatively weaker shoulder 
flow expansions of the present investigation were too weak to cause a simi- 
lar behavior, although just a suggestion of this effect may be seen at 
e = 180° in figure 9(c). Hence, although recovery temperatures in transi- 
tion zones may have been slightly influenced by the flow expansion at the 
shoulder, it is believed that the location of the transition zone is not 
significantly altered and that the present results are representative of 
slender bodies. 

Boundary- layer separation .- The circumferential location of boundary- 
layer separation as a function of angle of attack, shown in figure 21, is 
for flow conditions at the midpoint (lengthwise) of the cylindrical after- 
body. Separation moved rapidly around the body as angle of attack was 
increased to about 10°. With further increase in angle of attack there was 
relatively little change. A rough correlation exists between the location 
of the separation line and certain features of the recovery- factor distri- 
butions shown in figure 12. At angles of attack above about 15° either a 
definite decrease in circumferential recovery- factor gradient or a minimum 
recovery- factor value is associated with the separation point. A tentative 
conclusion based on the china-clay studies is that the separated flow 
region, for a from 10° to 25°, is by no means a "dead air" or low- 
velocity region. In fact, it appears from the drying patterns (e.g., 
a, = 15° in fig. 7) that the heat-transfer rate to the surface on the lee 
side of the model is of considerable magnitude. 

It is also interesting to note that some of the variations observed 
in lee- side recovery factors (fig. 12) can be associated with the different 
separation flow patterns shown in figures 6 and 8. For angles of attack 
less than 15°, where the effect of boundary- layer transition on tempera- 
ture distributions is relatively large, there is the flow visualized in 
figure 8(a) at an angle of attack of 10°. Here there is thickening of the 
boundary layer on the lee side with some separated flow that has not broken 
free of the siarface. At a = 15°, where lee- side recovery factors have 
started to drop, there is the flow Indicated in figure 8(b) where the 
vortices have broken free of the model but are still symmetrical, while at 
(X = 25° (fig. 8(c)) the vortices have fallen into a vortex-street pattern. 
This last condition corresponds to the minimum recovery factor on the lee 
side of the model. ^ At a = 35° t where the temperature pattern is assuming 

^One characteristic of the separation vortex pattern deserves mention. 
At a = 25° a certain flow instability, as a function of time, was observed 
to occ\rr. The pattern of figure 8(c) was apparently a semisteady condition 
which was frequently interrupted by alternate shedding of vortices in what 
might be termed "birrsts." Frequency or length of "burst" periods was not 
det ermine d . 
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characteristics of transverse-cylinder flow^ the vortex street disappears 
and, as shovn in figure 8 (d), is replaced by a dead air space followed by 
a turbulent wake. 


Recovery Factors Based on Local Conditions 


Effect of angle of attack .- A representative variation of recovery 
factor based on local stream conditions with angle of attack and circum- 
ferential location is shown in figure 25 . The data are based on the exper- 
imental Mach number distributions of figure 2k and are presented both as 
measured and as corrected for shell conduction error. Recovery factors on 
the free-stream basis are also shown for comparison. With increasing angle 
of attack the corrected local recovery factor decreases from about 0.86 at 
a = 0 ^^ to 0.81 at a = k^^ y while free-stream recovery factor, in contrast, 
increases from 0.86 to 0.93 over the same interval. The variation of 
recovery factor with circumferential angle at a = 25 *^ shows, as would be 
expected, that the substantial difference between ^ and ^ at 0 = 0 ^ 
is diminished as the flow is accelerated to about the free-stream Mach 
number at Q = 90^* Now, the reasons for the decrease of local recovery 
factor at high angles of attack are not clearly imder stood, although it 
has been suggested that a portion of the drop could be attributed to the 
effect of strong local pressure gradients. Indeed, to date, the results 
of several theoretical investigations indicate that such an effect could 
exist, and in at least one experimental investigation a small decrease of 
recovery factor was noted in the region of strong pressure gradients on a 
spherical nose (ref. I 6 ) . However, there remains the possibility that 
other factors may be contributing to the observed decrease. 

Mach number effect .- A sizable decrease of surface temperature, in 
response to the change of local flow conditions at the shoulder of the 
cone, is illustrated in figures 10 (e) and l 6 (b) for regions of laminar 
boundary- layer flow. It is believed that for the most part this decrease 
can be related to the change in local Mach number, for when recovery fac- 
tors are evaluated on the local-stream basis (shown in fig. l 6 (b)), there 
is a good alinement of the data in the entire laminar flow region at lower 
free-stream Mach numbers and a sizable reduction in the recovery-factor 
decrement at the shoulder for M^ = 5.04. In the high Mach number range 
of these tests, however, the local-stream basis of evaluation appears to 
lose effectiveness, that is, it no longer accounts for the temperature drop 
at the shoulder. For example, the “nr ,00 decrement shown in figure 10(e) 
for Mqo = 6.30 at a = 0^ can be reduced only from the indicated O.OI 8 to 
0.014 when the temperature data are evaluated on the basis of local flow 
conditions. Although the reason for this change of behavior at high Mach 
numbers is not understood, a similar decrease of local recovery factor 
(although for a much blunter nose cone) has also been observed by Sternberg 
(ref. 15 ) at M^ = 3.02 and 3.55. He concludes that the pressure drop at 
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"the shoulder had a lasting effect on the subsequent boundary- layer develop- 
ment and that it is not sufficient to describe the boundary- layer proper- 
ties (in this region) in terms of the local Mach number. Thus, although 
further investigation is necessary to fix the relationship between these 
two independent observations^ it is indicated that under certain conditions 
a strong pressure gradient can^ of itself^ influence recovery temperatures. 

Local recovery factors at zero angle of attack for the polished model 
surface are given as a function of local Mach number in figure 26. The 
experimental data are compared with the theoretical predictions of 
Polhausen Van Driest (ref. 17 ) , and Young and Janssen (ref. I 8 ) 

for laminar boundary- layer flow. The turbulent boundary- layer data are 
compared with the theories of Ackerman Van Driest (ref. 19)^ 

Tucker and Maslen (ref. 20) . The Prandtl numbers of the present investi- 
gation are referred to the surface temperature, since it is probable that 
the temperature of the air adjacent to the surface has a strong influence 
upon the magnitude of heat transfer within the boundajry layer. (Note that 
Prandtl numbers decrease at Mach mmibers greater than 4.5 as a result of 
the heated wind tunnel airstream.) The data presented are indicative of 
the range of recovery factors at each test Mach number; intermediate values 
are omitted for the sake of clarity. 

The laminar-boimdary-layer data do not agree over the entire Mach 
number range with any of the theoretical curves although comparison is 
perhaps most favorable with the Np^ prediction. This is not sur- 

prising since model surface temperatures are relatively low. It is of 
greater significance, however, to compare with the theories of Van Driest 
and of Young and Janssen, since each of these may also be applied to the 
prediction of recovery factors for actual flight conditions where surface 
temperatures are much higher and the Npp ^ prediction may not be 

valid. It can be seen that both of these theories give about the same 
agreement in the Mach number range of this investigation. The comparison 
is good at Mach numbers up to 4, with an overestimate of about 1 percent 
in the higher speed range. It might be well to mention, in passing, that 
a significant decrease of flight recovery factor with Mach number is indi- 
cated in reference I 8 , while, in contrast, a much smaller decrease is 
shown in reference 17 • Eckert (ref. 21) has shown that this difference 
is, for the most part, due to the definition of stagnation temperature in 
reference I 8 . In reference I 8 , the stagnation temperature used is that 
for a constant specific heat (equal to the free- stream value) and, since 
a variable specific heat was used in computing the insulated- surface 
temperature, it is readily seen that the resultant recovery factor will 
decrease considerably at high flight speeds . If either a variable or 
average specific heat is used throughout (e.g., ref. 2 l) the recovery- 
factor predictions of reference I 8 would not differ appreciably from those 
of reference 17 * 
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In the turbulent case the prediction appears to be an 

upper boundary for recovery factors representative of fully developed 
turbulent flow, while maximum transition values lie above. The modified 
Tucker-Maslen theory® agrees favorably at lower Mach numbers but is about 
1 percent low in the higher speed range. The turbulent theory of 
Van Driest, which in its present development is applicable to both wind- 
t. nnn pl and flight conditions at Mach numbers up to about 4, does not 
compare as favorably with the experimental data. 


Experimental temperatirre recovery factors were determined on a slender 
cone-cylinder model at Mach numbers up to 6.30 and Reynolds numbers from 
1.8x10® to 11.0x10® per foot. The angle-of -attack range was 0° to at 
Mach numbers less than 3*50, 0*^ to 25 at Mach number 1.23, ^•iid O'^ to 15° 
at Mach numbers from 5 . 0 I to 6 . 3 O. The following conclusions have been 
drawn from the results of this investigation: 

1. Temperature recovery factors at angles of attack up to 10° vary 
in a complex manner, apparently in response to changes in the location 
and extent of the boundary- layer transition region. 

2. At angles of attack above lO'^, windward-side recovery factors 
(free-stream basis) gradually rise as a result of adiabatic compression 
to above 0.95 al an angle of attack of 15 °, a value some 6 percent above 
the zero-angle case. Lee-side recovery factors decrease, as a result of 
flow separation, to minimum values in the angle-of -attack range from 
25 ° to 35°. At Moo = 3-02 the minimum was O. 83 , about 7 percent below 
the corresponding zero-angle value. 

3 . At angles of attack greater than about 25 °, a circumferential 
recovery-temperature pattern similar to that for a transverse cylinder 
is developed on the cylindrical afterbody. 

h. In the high Reynolds number (low Mach number) range of the present 
investigation, the average free-stream recovery factor for the entire sur- 
face does not exceed the value for zero angle of attack by more than 1 per- 
cent for angles of attack up to 35 °. 

5 . When based on local flow conditions, recovery factors on the wind- 
ward meridian gradually decrease with increasing angle of attack (except 

®Modified after the manner suggested in reference 22, where the 
arithmetic mean temperatiore of the boundary layer was used to define a 


CONCLUSIONS 



Prandtl number in the equation 'Hj. 7 = Npj. 
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for the interval between 0° and 5°) ^ dropping at = 3*50^ from 0.86 
at zero angle of attack to 0,8l at an angle of attack of 45° on the cone. 

6. At zero angle of attack, recovery factors (local flow basis) for 

laminar boundary- layer flow are in agreement with Npp (Prandtl num- 

ber based on wall temperature), while the Van Driest or Young and Janssen 
predictions overestimate by about 1 percent at Mach numbers greater than 4. 
For turbulent flow Npj. establishes an upper limit for recovery fac- 

tors based on local conditions while the modified Tucker-Maslen theory is 
about 1 percent low at higher Mach numbers . 

7. For the range of conditions in this investigation there is no 
significant variation of recovery factor with either Reynolds niimber or 
Mach n\imber in regions of either laminar or turbulent boundary- layer flow. 
However, the effect of Reynolds nxmiber on transition location is a deter- 
mining factor in lee-side surface temperature levels. 


Ames Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Moffett Field, Calif., July 20, 1955 
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TABLE I.- TEST CONDITIONS, TEMPERATURE MODELS 


Angle 

of 

attack, 

deg 

Meridian 

angle, 

deg 

Free- stream Mach nimher 

3.02 3.50 f723 r 5.04 

Free-stream Reynolds number per ft/ 10 ® 

8.6 

11.3 


4.2 

^ 7 ^ 

4.2 

4.2 

1.8 

1.8 

0 

0,90, 

180,270 

X 

X 

X 

X 

X 

X 

X 

X 

X 

1 

0,180 

X 

X 



X 


X 


X 

2 

0,180 

X 

X 



X 


X 


X 


0,180 

X 

X 



X 


X 


X 

5 

0,45,90, 

135,180,270 

X 

X 



X 


X 


X 

10 

0,45,90, 

135,180,270 

X 

X 

X 

X 

X 

X 

X 

X 

X 

15 

0,45,90, 

135,180,270 

X 

X 



X 


X 


X 

25 

0,45,90, 

135,180,270 

X 

X 

X 


X 





35 

0 , 45 ^ 0 , 

135,180,270 

X 

X 








45 

0,45,90, 

135,180,270 

X 

X 








90 


X 










TABLE II.- TEST CONDITIONS, PRESSURE MODEL 


Angle 

of 

attack, 

deg 

Meridian 
angle ^ 
deg 

Free-stream Mach nmber 

3.02 3.50 O3 5"^o4 I 6.30 

Free-stream Reynolds number per ft/ 10 ® 

8.6 

11.3 

8.6 

4.2 

8.6 

4.2 

4.2 

1.8 

1.8 

0 

0,180 

X 

X 

X 

X 

X 

X 

X 

X 

X 

1 

0,180 

X 

X 



X 


X 



2 

0,180 

X 

X 



X 


X 



4 

0,180 

X 

X 



X 


X 



5 

0,180 

X 

X 



X 


X 


X 

45,90, 

135,270 

X 

X 



X 


X 



10 

0,180 

X 

X 

X 

X 

X 

X 

X 

X 

X 

45,135 

X 

X 

X 


X 

X 

X 


X 

90,270 

X 

X 

X 


X 

X 

X 

X 

X 

15 

0,180 

X 

X 



X 


X 


X 

45,90, 

135,270 

X 

X 



X 


X 



25 

0,180 

X 

X 

X 


X 



'1 


45,90, 

135,270 

X 

X 








35 

0,180 

X 

X 









14.79 
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(a) Cone-cylinder 


Note- AH dimensions in inches. 



(b) Crossflow cylinder 

Figure Thermocouple and pressure tap-locations on test bodies. 
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A-19147. 1 

Figure 2.- Photograph of cone-cylinder and crossflow cylinder models. 



Figure 3.- Model support assemblies. 
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(b) Cone-cylinder on a = 35° support. 


A-19149. 1 



(c) Crossflow cylinder on fork support. 
Figure 3.- Concluded. 
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Error in ^r, i> 
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Figure 4- Error In local temperature recovery factor resulting from either shell conduction or 

error in local Mach number. 



Figure 5.- Shadowgraph pictiores of cone-cylinder model showing location of boimdary- layer 

transition; M„, = 3.02, R = 8.6x10® per foot. 
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Figure 5*“ Concluded 
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a = 




a = 



a = 35 

Figure 6.- Schlieren photographs of cone-cylinder model; Moo = 3.02^ 

R = 8.6x10® per foot. 
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Figure 7.“ Flow separation visualized by china-clay method; Mqo = R = 8.6x10® per foot. 
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(c) Moo = 3.02, a = 25° 


Figtire 8.- Vapor screen photographs of flow at approximately the midpoint of the afterbody of the 
cone-cylinder model at angles of attack from 10° to 35°; flow direction indicated by arrows. 
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Temperature recovery factor, 
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- Distance, x, inches 

(a) Mqj r 3.02, R= 8.6 X iOr per foot (b) = 3.50, R = ti.O xtO^ per foot 

Figure 9- Variation of recovery factor with distance atong modet at smati angies of attack. 
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Temperature recovery factor. 
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Temperature recovery factor. 




UO 

4 =- 



Distance, x, inches 

(a) ^ 3.02, /?= 8.6 X iO^ per foot (b) = 3.50, R = H.O x topper foot 

Figure 10- Variation of recovery factor with distance along model for several angles of attack. 
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Temperature recovery factor. 





Figure tO- Continued. 
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Temperature recovery factor. 
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Figure to- Concluded, 


Temperature recovery factor. 



Distance, x, inches 
(a) Ma, = 3.02, R = 8.6xi0^ per foot 

Figure //- Variation of recovery factor with distance along mode! on several meridian lines. 
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Distance, x, inches 


(b) Mco = 5.04, R- 4.2 X iO^ per foot 


Figure //.- Concluded. 


Temperature recovery factor, 7 ^ 




Circumferential angle, 0, degrees 

(a) Afco = 3.02, R = 8.6 X temper foot (b) M^) = 3.50, R - II.OxlO^ per foot 

Figure 12.- Variation of recovery factor with circumferential location for several angles of attack. 
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Temperature recovery factor. 
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Circumferential angle, 8, degrees 

(c) Mq) = 4.23, R = 6.6 x iO^ per foot (d) Mqj - 5.04, R = 4.2 x iO^ per foot 


Figure !2.- Continued. 
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Figure 12.- Concluded. 
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Figure 13- Recovery -factor distribution on transverse cylinder. 
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Figure !4r Effect of Reynolds number on measured recovery factor 

at a 'to**} Moo ~ 3.50^ 
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Figure 15- Effect of Reynolds number on measured recovery factor at CH=0? 
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Figure 16.- Variation of recovery factor with distance along mode! for several 

Mach numbers, R constant, CX - 0? 
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(c) Mco = 5.04, R = 4.2 X !0^ per foot 


Figure 17- Effect of surface roughness on recovery factor at a =0° and a =!5? 
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(a) a *5^, iO^ and IS"* 

Figure id- Circumferential pressure distributions at midpoint of conical 
nose at Afco =3.02, R =8.6 x iO^ per foot and angles of attack to 
25% comparison of theory and experiment. 
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Figure 18- Concluded. 
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Figure 19- Circumferential pressure distribution at midpoint of cylindrical 
afterbody at Mcp - 3.02, R - 6.6 x 10^ per foot, and angles of attack 
to 25**} comparison of theory and experiment 
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Figure 20r Distance from tip of model to end of boundary- layer transition as a function of angle of attack. 
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Figure 21. - Flow separation at midpoint of cylindrical afterbody as a function of angle af attack 
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Figure 22r Recovery factor as a function of angie of attack. 
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Figure 24- Variation of iocai Mach number on cone with angle of attack 
and circumferential location, Mqo - 3.50. 
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Figure 25- Comparison of local and free-stream recovery factors at Mg,=3.50, 

x = 3 inches. 
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Figure 26- Local recovery factor as a function of local Mach number at 01=0** and comparison with theory. 
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